€ rentbie ¢

NACA RM AS1GO3S

RM AblGO9

¢ .4

RESEARCH MEMORANDUM

SCHLIEREN INVESTIGATION OF THE WING SHOCK-WAVE
BOUNDARY-LAYER INTERACTION IN FLIGHT
By George E. Cooper and Richard S. Bray

Ames Aeronautical Laboratory
Moffett Field, Calif.

LIBRARY CO™’

SEp -1 199

?
g

| ANGLEY RESEARCH CENTER
LIBRARY NASA {
HAMPTON, VIRGINIA B

NATIONAL ADVISORY COMMITTEE

FOR AERONAUTICS

WASHINGTON N A CA LIBRARY
+ANGLEY AERONAL TR AL LABURATOR
September 19, 1951 TICAL L




I I

NACA RM A51GO9 3 1176 1425 9544

NATIONAL ADVISORY COMMITTEE FOR AERONAUTICS

RESEARCH MEMCORANDUM

SCHLTEREN INVESTIGATION OF THE WING SHOCK-WAVE
BOUNDARY-TAYER INTERACTION IN FLIGHT

By George E. Cooper and Richard S. Bray
SUMMARY

This report presents the data obtained in fiight using a schiieren
apparatus which photographed the shock-wave interaction with a thick
turbulent boundary layer on a wing. Iocal Mach number and boundary—
layer characteristlcs obtained from pressure measurements in the vicin-
ity of the shock wave are also presented.

Good correlation with theoretical and wind—tunnel Investigations
of boundary—layer shock-wave interaction was obtained, particularly with
respect to the lower Mach number for the establishment of a forked or
bifurcated type of shock wave. The boundary layer did not appear to
thicken behini the normal shock wave. Considerable thickening, assocl-
ated with separation, 4id occur, however, with increasing Mach number
after the formation of the forked shock wave.

The density gradient in the boumdary layer appeared to increase
markedly Jjust behind the shock wave, This stronger gredient, however,
appeared to be dissipating at approximately five to six boundary-—layer
thicknesses behind the shock,

INTRODUCTION

Detailed messurements of shock-wave boundary—lasyer interaction
have been made in wind tunnels at smll or moderate Reynolds nunber.
Previous flight tests at high Reynolds number have been limited to pres-
sure measurements. The purpose of the tests covered by this report was
to investigate the region of shock-wave interactlon with a thick turbu-
lent boundary layer on a wing at full-scale flight Reynolds numbers
utilizing both a schlieren apparatus and pressure measurements.

The presence of a bifurcated or forked shock wave associated with
& turbulent boundary layer bes been noted in the wind—tumnel investi-
gations of Fage and Sargent in reference 1. Forked shock waves bave
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been treated theoretically by Weise (reference 2) and Eggink (refer—
ence 3). They independently determined the flow conditions theoreti—
cally necessary for the existence of such shock waves. They further
associated this type of shock with detached or separated flow. Wuest
in reference L verified and extended these results by a more stralght—
forward analysis. The local Mach number ahead of the shock wave below
which the forked shock could not theoretically exist was determined by
Eggink, Weise, and Wuest as 1,245,

The present report 1s concerned with the flow condltions associ-—
ated with the establishment of the forked shock wave.

SYMBOLS
H boundary-layer shape parameter (§;—)
M Mach number
Reynolds number based on wing sectiom chord
,
Rg boundary—layer Reynolds number (Us Vi& )
c wing section chord (84.5 in,)
P static pressure
u local velocity in boundary layer
b4 ' chordwise distance
¥ distance normal to wing surface 5

1
boundary—layer momentum thickness [ f ﬂ—(l -— E-)dyi
Py us/

(o)

5 boundary—layer thickness :

ta}
1
% boundary-layer displacement thiclmessl: f (l - B—p:ll— ay _i
' s}

o3

v kinematic wviscoslity

p density
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Subscripts
o free~stream condition
2 local condition just ahead of shock (f = 0.553)
> local condition Just behind shock (5' = 0.581)
P measured by probe 1ln contrast to surface orifice
5 condition at outer edge of boundary layer
APPARATUS

Schlieren Instrument

Qptics.— The optical arrangement used in the schlieren apparatus,
shown in figure 1, was essentially a conventional two—lens system.
A 35-mm £2.3 photographic lens was used as & condensing lens to form an
imge of the lamp at the slit, which was formed by razor blades, and
was adjustable elong, and normal to and rotatable with respect to, the
optical axis, The maln lenses were 3—lnch-diameter achromats having a
short focal length of 8 inches because of the severe space restriction
Imposed in mounting the instrument in the wing. The spece requirements
made it necessary to use three front surface ome—quarter—wave—length
mirrors within the instrument. (See fig. 1.) At the outset of the
tests a knife edge made of a razor blade was used with oply feir results.
The best results and all data presented in thls report were obbtained by
substituting for the knife edge a cubt—off consisting of a section of a
200—line—per—inch photographic grid. The cut—off was provided with the
same type of adjustment as the slit. The windows were of ordinary plaste
glass reasonably free of striae and mounted so as to compensate Ffor
nonperallelism of the faces.

Light source and power supply.— A General Electric BE-6 high—
pressure mercury vapor lamp was used for the light source. For satis-
Pactory operation +this lamp should remain essentlally level, In order
that this condition be met during a dive, the lamp was mounted parallel
to the lateral axis of ths alrplane. When rotation of the lighb-—source
im.ge was necessary, it was accomplished by mirrors within the lamp
housing. Cooling alr for the lamp was taken from a scoop mounted on
the underside of the wing. Energy for the lamp was provided by ths dis—
charge of a capacitor, which in turn was charged through a series reso-
nant circuit. This circuit was supplied from a 2000—volt aircraft dyna-
motor supplied from the 28—volt system of the airplane. Flashing of the
lamp was controlled by & hydrogen—thyratron tube triggsred by a framing
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con'bac'ﬁor sy in turn operated by the camers film drive. The thyratron
tube discharged the energy—storage circuilt capacitor through the BH-6
lamp, providing a light flash duration of the order of 1 microsecond.

Camers,.— Photographic recording was accomplished by & speclally
modified 35—mm camera with the intermittent film transport action
removed. The £ilm was then driven at constant speeds and the framing
accomplished by the flashing of the lamp. Speeds of 24, 48, and 96
frames per second were possible. '

Structure.— To reduce the distortion effectes of temperature and
vibration, the main structure of the instrument wes made of 1/b—inch
and 3/8-inch steel plate, doweled and screwed together in a rigid semi-
boxed comstruction.

Mounting.— The instrument was mounted in the gun compartment of
the left wing of the test alrplane as shown in figure 2. Shock mounts
were used which allowed s slight movement of the instrument relative to
the wing, but effectively reduced vibration of the instrument. The
paxrts of the instrument projJecting above the wing were enclosed in
falrings which extended fore and aft to the leading and trailing edges
of the wing as shown in figure 3. The windows were mounted f£flush with
the inslde of each falring to provide a test channel with smooth walls.

Test Reglon

The test surface was the same as that on the normal wing except
that cracks were filled and the me jor irregularitles removed. A car—
borundim strip wes added near the leadlng edge in an effort to minimize
poesible variations in boundary—layer and shock-wave characterlistics as
the test progressed. The test section was essentially two dimensional
and conslsted of a 10—inch chapnel extending from the leading to the
trailling edge of the wing between the two falrings which extended 11—1/ 8
inches (l.88—percent wing chord) above the wing surface at their highest
point.

Visual observations of the wing shock wave by the shadowgraph
technique of reference 5 were used for positioning the instrument., This
shock-wave location was verified from awallable wing—section pressure—
destribution data. Subsequent cbservations, together with the schlieren
photographs, confirmed the Pfact that there was little or no chordwise
shift in the shock—wave position with the addition of the instrument and
fairings. :

Boundary—layer measurements made, but not presented herein, showed
that the fairings had little effect on the flow characteristics of the
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test channel., Also, the boundary—layer profils 0.75 inch from the
channsl wall was found to be almost identical with that at the center
of the channel with the falrings present or removed.

The boundary layer on the walls may account for the presence of
the apparently separate normel shock wave ahead of the forked shock
noted in some plctures.

The relative chordwise locations of surface orifices, boundary-
layer total-pressure rakes, static—pressure probes, and the schlieren
field are shown In figure 4, The surface orifices and rakes were
located midway between the fairings. The two probes were located approx-
imetely 3/4 inch on each side of the center line of the chanpel.

Pressure Measurements

A minjatiure Statham six—cell pressure pickup was used in conjunc-
tlon with NACA recording galvanometers for measuring static pressures
in the immediate vicinity of the shock wave. The instrument arrange—
ment was such as to meke possible simultaneous schllieren photographs of
the shock wave and./or boundary layer and measurement of the static pres-
gure immedlately ahead of and behind the shock wave at both the surface
and outer edge of the boundary layer. The boundary—layer measurements
were made with a rake of total-pressure tubes and a 15—cell NACA photo—
graphically recording menometer.

TESTS

The tests were conducted in wmaccelerated flight during dives of
the test airplane which started from 30,000 feet with the records being
taken at & nominal altitude of 20,000 feet. In figure 5 is shown the
variation of Reynolds mumber with Mach number for the test altlitude of
20,000 feet. The data presented are confined to flow with a turbulent
boundary layer ahead of the shock wave and for a Reynolds number of
about 10,000 based on the momentum thickness of the bhoundary layer
ahead of the shock wave, All data presented were cbtained with the

fairings in place.
RESULTS AND DISCUSSION

The variation of local Mach nunbers Just ahead (é = 0,553) and just
behind the shock wave (%- = 0.581) is presented in figure 6 as a function
of airplane Mach nunber. For the location ahead of the shock wave, the
local Mach number obtalned from a stetic pressure probe located



6 NACA RM A51G09

approximately at the edge of the boundary layer is compaered with that
determined from the static pressures obtained from the corresponding
surface orifice directly below. The local Mach nunbers, &s determined
by a static pressure probe near the edge of the boundary layer for the
location behind the shock wave, are also presented. The differences in
local Mach numbers, as determined from static pressures between the sur-
face and edge of ths boundary layer, ahead of the shock wave are Iin gen—
eral agreement with the resulis of reference 6. Due to instrument
difficulties, the surface static pressure for the region aft of the
shock wave was not obtained. Measurements made later, however, by three
static probes located at different helghts through the boundary layer
failed to show any measurable differences in static pressure at least

1 inch behind the shock wave.

The indicasted rapid decrease in local Mach numbers M; and Mlp
occurring at airplane Mach numbers greater than 0.685, which is shown
in figure 6, is attributed to violent fluctuation of the shock wave
across the pressure orifices. In cases where the shock-wave oscillation
was such that it passed over a pressure orifice, the pressure record
changed from a steady to a fluctuating one. For alrplane Mach numbers
from 0.670 to 0.675 the oscillation was confined between the fore and
aft statlic orifice locations, while at Mach numbers greater than 0.680
the osclllation amplitude increased to the point where satisfactory pres-—
sure measurements in the immediate vicinity of the shock wave could not
be cbtained. For this reason, the variocus characteristics bave been
plotted against alrplane Mach nunber, instead of the local Mach number
ahead of the shock wave. Absolute accuracy of the measured Mach nmubers
was good only to 0,01, while the relative walues of Mach number were
accurate to approximately 0.00l. Alrplane Mach number has been shown in
this report to three decimal places to correctly indicate differences
in Mach number.

Distributions of Mach nunber through the boundary layer at 5h,5—
and 60.6—percent chord are presented in figure 7. Plots of Mach number
et the outer edge of the boundary layer, ratio of boundary—layer dis-—
placement thickness to chord, ratio of boundary-layer momentum thick—
nsss to chord, and shape parameter versus airplane Mach number for
these two chordwise stations are given in figure 8., The method des-
cribed in reference T was used for the ewaluation of boundary-layer
displacement and momentum thicknesses,

Shock-Wave Properties

Schlieren photographs, which show the shock wave located within
the field of view for the range of airplane Mach nmunbers from 0.670 to
0.692, are presented in figure 9. These show clearly the normal shock
at an M, of 0.6T0 and the forked shock wave at the higher Mach numbers.
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A cut—off nearly vertical to the flow direction was used for these
pictures to obtain the maximum contrast possible over the weaker front
fork. '

A sequence of camers frames teken at 96 frames per secomnd and an
airplane Mach number of 0.677 (MlP of 1.26) is shown in figure 10,
illustrating the transition Prom a normel to a farked shock wave, These
follow the shock wave through ome cycle, from normal to forked and back
to a normal wave. In this transitory stage, the forked wave is elways
farther aft than the normal one and hence the local Mach number would be
expected to be somewhat higher shead of the forked wave. It is obserwved
in figures 9 and 10 that the local Mach mmber shead of the shock wave
Por the establishment of the forked shock 1s In good agreement with the
theoretical value of 1.245 given in references 2, 3 and k.

Presented in figure 11 is an enlarged schllieren photograph of a
forked shock wave obtained with a slightly different sensitivity setting
than those of figures 9 and 10. Here the branching point appears in
clearer detall, while the shock angles remain essentially the same as
those measured in figure 9(e). No explanation is given for the addi-
tional normal shock wave vislble in figure 11 except that it may be the
result of interactlon between the wing shock wave and the boundary
layer on the channel walls and was visible only at thlis particular sen—
sitivity setting.

By taking the experimental value of the local Mach mumbexr M;
ahead of the shock and measuring the shock angles, it was possible to
compute the flow through the shock in the menner of Eggink and Welse.
The results of these calculatlons for the forked shock at an M, of
0.685 gave very good agreement (1/4° in 5°) in regard to the final flow
deflection angles cbtained when comparing flow directlion through the
shock wave above and below the branching point. For alrplane Mach
nunbers of 0,675 and 0,680, the angle of the front leg was always greater
than theory allows for superscnic flow behind it so that fipal flow
deflection angles could not be compared. For an My of 0.692, the
branching point is so bigh that a measurement could not be cbtained of
the main shock wave above the branching point. The measured values of
Mech number behind the shock wave were sgbout 0.12 Mach number higher
than the calculated walue based on the measured M;. except for the
forked wave at an Mg of 0.685., At this Mach number, however, the
measured value was between that calculated for the regions above and
below the branching point.

The Jower termination point of the shock wave branches, as deter-
mined from the schlieren photographs of figure 9, presumably indicating
where the local Mach number approaches wnity 1n the boundary layer, can
be seen in figure 12 to rise from the surface with increasing Mach
number. Corresponding points where the Mach number is unity, as deter—
mined from the boundary—layer measurements upstream of the shock, are
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also shown. It 1s seen that satisfactory agreement exists only for the
initial shock formation, that of the normal shock for M, of 0.670.
Presumably, therefore, the measured boundary—layer characteristics
ashead of the shock do not apply at the shock wave itself for the forked
shock although fair agreement may exist for the normal shock wave.

Some tendency for the helght of the branching polnt above the sur—
face to increase with increasing Mach number can be seen from the photo—
graphs of figure 9, and thls wariatlon in the height of the branching
point with airplane Mach number is also presented in flgure 12, This
increase 1s in general agreement with the results of Fage ard Sargent in
reference 1.

Shock-Wave Oscillistion and Airplane Buffeting

Some shock-wave osclllation was present at all times. The maximum
oscillation amplitude as a function of airplane Mach number i1s shown in
flgure 13, Maximm oscilllation amplitude 1s defined as the distance
between the most forward and rearward shock positions during a glven
run. The average amplitude was not determlined because of the random
nature of the oscillation but would have been much less than the maximum
shown for airplane Mach numbers of 0.670 and 0.675, and slightly less for
Mach numbers of 0.680 and 0.685. At 0.690 Mach nunber only single iso—
lated frames could be found where the shock wave was in the field of
view, and at 0.T700 no shock waves could be seen at all, Airplane buffet—
ing as noted by the pilot, the senior author, was very mild between O, 670
and 0.680 Mach numbers but increased considerably from 0.685 to 0.700.
The frequency of the shock—wave oscilliation could not be determined from
the schlieren photographs which were taken at a camera speed of 96
frames per second.

Shock-Wave Boundary-layer Interaction

Qualitative indications of the density gradiemt through the
boundary layer with and without a shock wave are shown in the schlieren
photographs of figure 14, The static probes were removed so as not to
interfere with the boundary—layer pictures. A stronger gradient 1s
apparently present in the presence of the shock wave and appears to be
more uniform throughout the boundary layer than when the shock wave is
absent. The increased density gradient, especlally near the outer edge
of the boundary layer, may bave been due to a wvariatiou in static pres—
sure caused by the presence of the shock wave, as mentioned by Liepmenn
in reference 8., Static pressure measurements, however, falled to show
any significant pressure gradient at a location about 1 inch behind the
shock wave, Evidence that the strong density gra.d.lent was rapldly dis—
sipated downstream of the shock is indicated by figure 14(f). Here the
oscillating shock wave has moved forward of the field of view so that
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in figure 1%(£) the boundary layer shown is a% least five to six
boundary—layer thicknesses behind the shock wave.

The boundary—layer displacement and momentum thicknesses decrease
8lightly with 1ncreasing airplane Mach number for the %— location of

0.545 (fig. 8(a)), while the shape parameter increases slightly. For
the £ location of 0.606 (fig. 8(b)), all three parameters may be seen
to increasse a.bruptly at a Mach nunber corresponding approximetely to

the establishment of the shock wave, My of about 0.670. For increases
in airplane Mach number beyond that assoclated with the formation of the
forked shock wave, the increases in the parameters are even more merked.
At these Mach numbers the shape parameter H increases from appromi-
mately 1.8 to 3.0, corresponding with the values usually associated with
separation or imminent separation at low speeds.

Boundary—layer thicknesses, measured from the extent of the den—
pity gradient shown in schliieren photographs and cbtained from the pres-
sure surveys, are presented in figure 15. It may be seen that the
boundary—layer thicknesses determined by the two procedures are In good
agreement. It may be observed that the boundary—layer thicknesses
determined from the schlieren photographs increase abruptly at approxi-
mately the Mach number associated with branching of the shock wave.

For increases in airplane Mach number above this walue, both the
boundary-layer thickness determined from the schlieren photographs and
from the survey at an %- of 0,606, increased still further.

Tocal separation (which was intermititent) 1s observed in figure 1h
at airplane Mach numbers as low as 0.675. Complete separation is indic-
ated in the schlieren photograph of figure 14(f), which presents the
boundary layer five to six boundary—layer thicknesses behind the shock
wave,

CONCILUSIONS

From flight tests using a schlieren apperatus and pressure surveys
to investigate shock—wave boundary—iayer interaction on the wing of an
ailrplans, the following is concluded:

1. The shock wave in conjunction with the thick turbulent
boundery layer was found to be normal for local Mach rnumbers of approxi-
mately 1.24t or less ahead of the shock and became forked at higher Mach
numbers.

2. The boundary layer appears to thicken behind the normal shock
wave., Considerable thickening, associated with seperation. did occur,
however, with increasing Mach number after the formation of the forked

shock wave,
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3. Increasing the Mach number ralsed both the branch point of the

forked shock wave andi the lower extremity of the shock wave above the
wing surface.

k. The density gradient in the boundary layer appeared to increase

markedly Just behind the shock wave., This stronger gradient, however,
appeared to be dissipating at approximately five to six boundary-iayer
thicknesses behind the shock,

Ames Aeronautical Iaboratory,

National Advisory Committee for Aeromautics
Moffett Field, Calif,
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Figure 9.— Schllieren photographs of wing shock wave at varlous Mach
numbers, (Nearly vertical cut—off.)
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Flgure 10.— A sequence of schlieren Photographs showlng transition
from normal to forked shonk wave for an alrplane Mach mumber of
0.67T, MJ_P = 1.26, (Nearly vertical cut—off.)
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Figure 11.— Schlieren photograph of the forked shock wave obtalned
at an airplane Mach number of 0.685. (Nearly vertical cut—off.)
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Figure |3.— Variation of maximum amplitude of shock-wave
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Figure 1k.— Schlieren photographs of wing shock wave and./or boundary—
layer at various Mach numbers. (Horizontal cut—off.)
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